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RESEARCH MEMORANDUM

SOME OBSERVATIONS OF SHOCK~-INDUCED TURBULENT SEPARATION
ON SUPERSONIC DIFFUSERS

By T. J. Nussdorfer

SUMMARY

A survey of experimental data st supersonic speed Indicates that
shock-induced separation of a turbulent boundary layer wlll result for
Mach numbere of approximately 1.33 or grester when a theoretlcal stream
gtatic-pressure-rise ratlo of approximately 1.89 occurs across & shock
interacting with the boundary layer. The slgnificance of thils tentatlve
criterlon for turbulent-boundary-layer separation is discussed with
respect to the design of supersonic diffusers.

INTRODUCTION

In supersonic flow, shock waves often create adverse pressure
gradlents far in excess of those encountered ln subsonlc flow. Whenever
en adverse pressure gradlent exlsts 1In the presence of & boundary layer,
some of the boundary-lasyer alr may have insufflcient momentum to pene-~
trate the higher pressure reglon (even with mixing), and thus a reverse
flow and a reglon of boundary-lasyer separation may develop along the
surface. One cause of separation is a strong shock interacting with g
boundary layer. Therefore, it mey be possible to deduce an empirical -
criterion for boundary separatlion from a study of shocks Interacting A
with the boundary layer. '

Three besic types of shock interacting with the boundary layer have
been dlscussed ln references 1 and 2 and are shown in figure 1. The
normal shock (fig. 1(a)) occurs at Mach numbers below approximately
1.3 and 18 usually stralght and normal to the flow. No separstion appears
to follow & normal shock. The curved shock (fig. 1(b)) changes inclina-
tion continuously wlth increasing distance from the wall. Separation
usually occurs behind a curved shock, but there ls also a strong ten-
dency toward reattachment. The branched shock (fig. 1(c)) starts out
as an oblique shock and 1s characterized by & discontinuous change in
angle at some distance from the surface, Separation behind & branched
shock is extensive 1n nature and shows little tendency to reattach.

Thus the exilstence of the branched-shock pattern at the boundary leyer
mey be used as an Indication of shock-induced separatlon.,
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The results of theoretical analyses of the branched-shock phenomensa
are pregented in references 1 to 3. In these analyses the effect of the
boundary layer was neglected. By assuming the sum of the deflections of
streamlines through shocks a and b of figure 1{c} to be equal to the
deflection through shock c, 'and by assuming the product of the pressure
ratios across a and b to be equal to the pressure ratio across c, Weise
(ref. 3) related the shock configuration to the Mach mmber. For any
given Mach number above 1.24, branched shocks are possible; the exact
configuration is dependent upon any one of the deflections a, b, or c
in the system. The action of the boundary layer is apparently the deter-
mining factor in the orientation of the branched shock and concomitant
sepa.ra.tion. e . e . . R

Experimental reports on linear expansion nozzles (ref. 4 and unavail-
able reports) indicated that when a boundary layer was present the
branched shock occurred for Mech numbers greater than about 1.35 to 1.4,
depending upon the nozzle expansion angle. For Mach numbers less than
these, a normal shock without separation was observed. Therefore, it
appears that the existence of boundaery-layer separation is dependent upon
the stream static-pressure-~rise ratio.

The work reported in reierence 4 is for turbulent boundary layers.
From the resulis of reference 5, a marked difference in the type of
separation and point of separstion should be expected between turbulent
and laminsr boundary layers. Inasmuch ags turbulent mixing is much more
effective than molecular mixing in transferring momentum within a
boundary layer, separation would be expected for a laminar boundary
layer for smaller values of pressure rise than that required for a tur-
bulent boundary layer. Extension of Gruschwitz calculations to cover
separation in transonic flow with shocks is included I1n reference 6. A
more complete discussion of separation is given in reference 7.

In the absence of a theoretical explanation of shock-induced separ-
ation of a turbulent boundary layer, an engineering criterion obtained
from a survey of experimental data has been deduced. This report pre-
sents the tentative criterion, which relstes separation or nonseparation-
of the boundsry layer to the theoretical static-pressure-rise ratio
across an imposed shock. The significance of the criterion is discussed
with regard to supersonic diffusers for ram-Jet and turbojet engine
application.

The criterion presented in this report was developed at the NACA
Lewis laboratory in 1951, but publication was withheld at that time be-
caugse of parallel studies presented in reference 8. The informatidon -
contained in reference 8 has since been superseded by reference 9.

The recent work of reference 10, which includes different criteria
for predicting shock-induced boundary-layer separation from those of
reference 9, supports the conclusions presented herein. Release

of this psper in substantislly the original form is, therefore,
consldered gppropriate.

2458
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DISCUSSION

In this report separation was distinguished by the presence of &g
branched shock. Separation was most easily recognized from a schlieren
or interfercmeter photograph, but velocity and total-pressure profiles
and static pressures in the reglon of the boundary lsyer were also use-
ful. Most of the date presented (refs. 11 %o 14) were obtained from
studies on supersonic diffuser inlets. Investigation of these inlets
over & range of stream Mach numbers provides a convenient method of
sbtudying the interaction of shocks of varying strength upon the boundary
layer. The first inlets studied were of the two-dimensionsl ramp type
where the angle A which the ramp makes with the free stream adequately
descoribes the inlet for this study. For a given free-stream Mach number,
a theoretical static-pressure-rise ratio across the normsl shock msy be
obtained for any given ramp angle. The theoretical curves of figure 2
relate the ramp angle and the free-stream Mach number to various values
of static-pressure rise acrogs the normal shock. In the Mach number
range from 1.0 to 2.0, a value of theoretical static-pressure-rise ratio
of approximately 1.89 eppears to define the regioms of separation and no
separation on the basis of the data presented In figure 2.

A plot similar to figure 2 was made for a conical three-dimensional
diffuser inlet (see fig. 3). In this case, the static-pressure-rise
ratio is based on the theoretical nonviscous cone surface Mach number.
Again from the data of figure 3, s theoretical stabic-pressure-rise
retio across the normal shock of 1.89 appears to define the separation
and nonseparation regions in the Mach number range from 1 to 3.

When the normal shock occurs at Mach numbers less than approximately
1.33, a curved shock instead of a normal (see fig. l) was sometimes
observed to interact with the boundary layer, particularly for low values
of Reynolds number. An example of the curved shock changing to a branched
shock is shown in the schlieren photographs (fig. 4) of points A, B, and
C of figure 2. Most of the data shown in figure 2 were obtained during
an investigation of side inleteg which has been reported in part in refer-
ence 1l4. The Reynolds number in the region of the normal shock for these
inlets is 900,000 based upon the distance from the leading edge to the
shock. It should be noted that the inlet ramp wes located immediately
adjacent to the turbulent boundary layer of the body CReynolds number,
29,000,000). It is therefore very likely that transition has been forced
on the ramp inlet by the outer extremities of the body boundary layer,
even though the Reynolds number at the normal shock is only 900,000.

That the value of static-pressure-rise ratlo sppears to be a useful
correlating parameter for separation is better illustrated in figure 5.
The data from figures 2 and 3 are replotted to show the variation of Mach
number shead of a normal shock and the theoretical static-pressure-rise
ratio across that shock. The data presented cover a Reynolds number
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range from 900,000 to 5,000,000 based on the length of wetted surface
ahead of the shock. It is clear from the figure that occurrence of a
normel shock at & local Mach number of 1.33 or greater 1s a good engin-
eering rule for the prediction of the occurrence of separation on the
compression surface of two- and three-dimensional supersonic inlets.

In meny experimental studies of supersonic inlets {refs. 13 and 15,
e.g.), separation of the flow on conical centerbodies has been indicated
as & source of instability in the Inlet. The presence of a separated
boundary layexr has also been found to be the cause of large logses in
pressure in the subsonic diffuser. If the supersonic inlet can be
deslgned, therefore, so as to provide & supersonic region of Mach number
less than 1.33 in which to position the normael shock, no separation
should occur in this region. A similarxr empirical criterion for the
design of conical supersonic diffusers to avold separation (ref. 16)
recommends that the cone surface Mach number at the inlet not exceed 1.3.

2458

In the cage of inlets having one obligue shock and one normal shock
with no internsl compression, a large enough compression can be obtained
across the oblique shock to limit the Mach number behind it to a value
less than 1.33. The effect of this limitation on the theoretical pres-
sure recovery obtained by neglecting the subsonic losses is shown for )
ramp-type two-dimensional inlets and conical three-dimensional inlets
at various free-stream Masch numbers in figure 6. In the Mach number
range-from 1.5 to 2.0, the inlets may be designed for near-maximum pres- -
gure recoveries and still not encounter boundary-layer geparation.

Above a Mach number of approximstely 2, the initisl compression required
to avoid separation is larger than the optimum for pressure recovery.

It is to be expécted that a shock of a glven strength interacting
with a turbulent boundary layer would have the same effect whether it
be induced by a blunt body or a supersonic diffuser inlet. Results of
several blunt-body investigations are presented in references 17 to 18.
The shock angles were computed from static-pressure messurements and .
did not agree with the measured shock angles. Inasmuch as the actual .
shock angles are the basis for the separstion criterion, the measured :
shock angles obtained from the data reported in references 17 to 19 were
used to compute the theoretical static-pressure-rise ratio reported
herein (see fig. 5). These data show remarkable agreement with the
value of 1.89 determined from the supersonic-diffuser data. It appears,
therefore, that while the measured static-pressure-rise ratio in the
boundary layer required for shock-induced separation may vary, the
presence of separation is evidenced by & theoretical static-pressure- _
rise ratio of 1.89 across the shock. o o -

Another simple criterion for shock-induced turbulent separation . L
has been suggested by Nitzberg and Crandall (ref. 20). From e survey
of many calculations epplying the Gruschwitz method to subsonic airfolls
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they found that as & first approximstion the relation (EEEEEEEE&Q%) = %

Yinitial
was valld. They suggest that this relation might also apply across

% 2
behind shock ) = . Thig relation, when rewritten
Yghead of shock

shocks, glving ( 5
in terms of static-pressure-rise ratlo, gives essentially 1.89, the
criterion of this report. Additional airfoil data reported in reference
18 indicated that the shock-stall Mach number (stream Mach number at
which a large degree of boundary-layer separation occurs) was observed
when local Mach numbers on the wing approached 1.33.

For convenience in predicting shock-induced separation for the case
of oblique shocks, theoretical flow deflections and shock angles in two-
dimensional flow that give a static-pressure-rise ratio of 1.89 are shown
as a function of Msch number in figure 7. The amount of deflection pos-
8ible without causing separation increases reapidly with increasing Mach
number and reaches s maximum of 13° &t a Mach number of 1.8. Above a
Maeh number of 1.8, a gradusl decrease in the permissible flow deflection
angle to avoid separation occurs.

SUMMARY OF RESULTS

From a survey of experimental supersonic flow data reported from
varied sources, the following results were obtained:

1. Shock-induced separation of a turbulent boundary layer resulted
for Mach numbers of spproximstely 1.33 or greater when a theoretical
stream gtatic~pressure-rise ratio of approximately 1.89 occurred across
a shock interacting with the boundary leyer.

2. Single oblique-shock supersonic inlets designed to prevent flow
separgtion at the intersectlion of the normsl shock and the boundary layer
could obtain approximately the meximum pressure recovery for free-stream
Mach numbers up to approximstely 2.0. Above a Mach number of 2.0,
optimum pressure recoveries will not be obtained if separation is to be
avolded.

Lewis Flight Propulsion Laboratory
National Advisory Committee for Aeronautics
Cleveland, Ohio, Jenuary 24, 1954
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(a) Normal shock.

(b) Curved shock.

(¢) Branched shock,

SNAG

Filgure 1. - Types of shock interacting with boundary layer in
supersonic flow (refs. 1 and 2).

8572



2458

NACA RM ES1L26 |

Alr Normel shock
flow > )

35 | Theoretical static-
pressure-rise ratlo
across normal shock

1.52
////,— 1.69
1.
o il

30 - A 2.14
//% / 2.42

26

.

) \Oo //,;(/// o No seperation
it T B

10 7 / Tailed points indi-
// cate curved shock
/ pattern

Ramp angle, A, deg
N
Q

//'//cr

oL/ &
1.0 l.4 1.8 2.2 2.6 3.0

Stream Mach number

FPlgure 2. - Relation of ramp angle, Mach number, and theoretical static-
pressure-rise ratio across normel shock on two-dimensionasl inlets.

Ratlo of specific heats, 1l.4.



< NACA RM ES51L26

RN

pd
d

A& Theoretical static-—1 - .

/ pressure-rise ratlo
/ / scross normal shock

\\\ -
NN

35

30 _ . . ‘:V y / B ~N n\ T T =
/// /| /%\ \c\%tgg - -
N WY / NS L

N
Q:
|

i .

No separation
Seperation

L]

20

Cone half angle, 8., deg

i} \\E
oo

/
. /]
/l/
. /
I/
|
[1]] e contar ot

o
1.0 Sl.4. . 1.8 - - 3.0

Stream Mach number T . . e o

Figure 3. - Relation of "coiie half diigle, Mach number, and theoretical static- - —
pressure-rise ratio across normel shock on cone surface of thrée-dimensional -

conlcal inlets. Ratio of spevific heats, 1.4.



NACA RM E51L26

(a2) Curved shock; Mach number, L.5Y; polnt A
of figure 2.

(b) Branched shock; Mach number, 1.57; point B
of figure 2.

{c) Branched shock; Mach number, 1.83; polint C
of flgure 2.

Figure 4. - Shock patterns on 6° ramp. Two-dimensional
L

~NACA
C- 28560

inlet.
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